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US 9,091,173 B2

1
TURBINE COOLANT SUPPLY SYSTEM

BACKGROUND

The present invention relates generally to coolant supply
systems in gas turbine engines and more specifically to cool-
ing circuits between compressors and turbine blades.

Gas turbine engines operate by passing a volume of high
energy gases through a plurality of stages of vanes and blades,
each having an airfoil, in order to drive turbines to produce
rotational shaft power. The shaft power is used to drive a
compressor to provide compressed air to a combustion pro-
cess to generate the high energy gases. Additionally, the shaft
power is used to drive a generator for producing electricity, or
to drive a fan for producing high momentum gases for pro-
ducing thrust. In order to produce gases having sufficient
energy to drive the compressor, generator and fan, it is nec-
essary to combust the fuel at elevated temperatures and to
compress the air to elevated pressures, which also increases
its temperature. Thus, the vanes and blades are subjected to
extremely high temperatures, often times exceeding the melt-
ing point of the alloys comprising the airfoils. High pressure
turbine blades are subject to particularly high temperatures.

In order to maintain gas turbine engine turbine blades at
temperatures below their melting point, it is necessary to,
among other things, cool the blades with a supply of relatively
cooler air, typically bled from the high pressure compressor.
The cooling air is directed into the blade to provide impinge-
ment and film cooling. For example, cooling air is passed into
interior cooling channels of the airfoil to remove heat from
the alloy, and subsequently discharged through cooling holes
to pass over the outer surface of the airfoil to prevent the hot
gases from contacting the vane or blade directly. Various
cooling air channels and hole patterns have been developed to
ensure sufficient cooling of various portions of the turbine
blade.

A typical turbine blade is connected at its inner diameter
ends to a rotor, which is connected to a shaft that rotates
within the engine as the blades interact with the gas flow. The
rotor typically comprises a disk having a plurality of axial
retention slots that receive mating root portions of the blades
to prevent radial dislodgment. The siphoned compressor
bleed air is typically routed from the compressor to the tur-
bine blade retention slots for routing into the interior cooling
channels of the airfoil. As such, the bleed air must pass
through rotating and non-rotating components between the
high pressure compressor and high pressure turbine. For
example, cooling air is often drawn from the radial outer ends
of the high pressure compressor vanes and routed radially
inward through a support strut to the high pressure shaft
before being directed radially outward for flow across the
turbine rotor and into the turbine blade roots. Routing of the
cooling air in such a manner incurs aerodynamic losses that
reduce the cooling effectiveness of the air and overall gas
turbine engine efficiency. Additionally, the bleed air must also
pass through high pressure zones within the engine that
exceed pressures needed to cool the turbine blades. There is,
therefore, a continuing need to improve aerodynamic effi-
ciencies in routing cooling fluid within cooling systems of gas
turbine engines.

SUMMARY

The present invention is directed toward a turbine stage for
use in a gas turbine engine configured to rotate in a circum-
ferential direction about an axis extending through a center of
the gas turbine engine. The turbine stage comprises a disk, a
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plurality of blades and a mini-disk. The disk comprises an
outer diameter edge having slots, an inner diameter bore
surrounding the axis, a forward face, and an aft face. The
plurality of blades is coupled to the slots. The mini-disk is
coupled to the aft face of the rotor to define a cooling plenum
therebetween in order to direct cooling air to the slots. In one
embodiment of the invention, the cooling plenum is con-
nected to a radially inner compressor bleed air inlet through
all rotating components so that cooling air passes against the
inner diameter bore.

BRIEF DESCRIPTION OF THE DRAWINGS

FIG. 1 shows a gas turbine engine including a high pressure
compressor section and a high pressure turbine section hav-
ing the coolant supply system of the present invention.

FIG. 2 is a schematic view of the high pressure turbine
section of FIG. 1 showing a first stage rotor with a forward-
mounted mini-disk and a second stage rotor with an aft-
mounted mini-disk.

FIG. 3 is a schematic view of the high pressure compressor
section of FIG. 1 showing a bleed system having a radially
inward-mounted inlet for directing cooling air into a rotating
shaft system.

DETAILED DESCRIPTION

FIG. 1 shows gas turbine engine 10, in which the coolant
supply system of the present invention can be used. Gas
turbine engine 10 comprises a dual-spool turbofan engine
having fan 12, low pressure compressor (LPC) 14, high pres-
sure compressor (HPC) 16, combustor section 18, high pres-
sure turbine (HPT) 20 and low pressure turbine (LPT) 22,
which are each concentrically disposed around longitudinal
engine centerline CL. Fan 12 is enclosed at its outer diameter
within fan case 23A. Likewise, the other engine components
are correspondingly enclosed at their outer diameters within
various engine casings, including L.PC case 23B, HPC case
23C, HPT case 23D and LPT case 23E such that an air flow
path is formed around centerline CL. Although depicted as a
dual-spool turbofan engine in the disclosed non-limiting
embodiment, it should be understood that the concepts
described herein are not limited to use with turbofans as the
teachings may be applied to other types of turbine engines,
such as three-spool turbine engines and geared fan turbine
engines.

Inlet air A enters engine 10 and it is divided into streams of
primary air A, and bypass air A after it passes through fan
12. Fan 12 is rotated by low pressure turbine 22 through shaft
24 to accelerate bypass air A through exit guide vanes 26,
thereby producing a major portion of the thrust output of
engine 10. Shaft 24 is supported within engine 10 at ball
bearing 25A, roller bearing 25B and roller bearing 25C. Low
pressure compressor (LPC) 14 is also driven by shaft 24.
Primary air A, (also known as gas path air) is directed first
into LPC 14 and then into high pressure compressor (HPC)
16. LPC 14 and HPC 16 work together to incrementally
step-up the pressure of primary air A. HPC 16 is rotated by
HPT 20 through shaft 28 to provide compressed air to com-
bustor section 18. Shaft 28 is supported within engine 10 at
ball bearing 25D and roller bearing 25E. The compressed air
is delivered to combustors 18A and 18B, along with fuel
through injectors 30A and 30B, such that a combustion pro-
cess can be carried out to produce the high energy gases
necessary to turn turbines 20 and 22, as is known in the art.
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Primary air A, continues through gas turbine engine 10
whereby it is typically passed through an exhaust nozzle to
further produce thrust.

HPT 20 and LPT 22 each include a circumferential array of
blades extending radially from rotors 34 A and 34B connected
to shafts 28 and 24, respectively. Similarly, HPT 20 and LPT
22 each include a circumferential array of vanes extending
radially from HPT case 23D and LPT case 23E, respectively.
In this specific example, HPT 20 comprises a two-stage tur-
bine, which includes inlet guide vanes 29 having blades 32A
and 32B extending from rotor disks 34A and 34B ofrotor 34,
and vanes 35, which extend radially inward from case HPT
case 23E between blades 32A and 32B. Blades 32A and 32B
include internal channels or passages into which compressed
cooling air A air from, for example, HPC 16 is directed to
provide cooling relative to the hot combustion gasses of pri-
mary air A . Blades 32B include internal passages into which
compressed cooling air A, from, for example, HPC 16 is
routed to provide cooling relative to the hot combustion gas-
ses of primary air A.

Cooling air A . is directed radially inward to the interior of
HPC 16 between adjacent rotor disks, as shown in FIG. 3.
From HPC 16, cooling air A . is directed along shaft 28 within
a tie shaft arrangement (FIG. 3) and passed through inner
diameter bores of disks 34A and 34B. Finally, as shown in
FIG. 1, cooling air A is directed radially outward along the
aft face of disk 34B and into blades 32B. Blades 32A are
provided with cooling air through a separate coolant circuit
that is isolated from the flow of cooling air A.. As such,
cooling air A can be tailored to the needs of blades 32B.
Cooling air A can also be used to control the temperature of
disk 34B. Furthermore, cooling air A, is completely con-
tained within rotating components so that dynamic losses are
minimized.

FIG. 2 shows a schematic view of high pressure turbine, or
high pressure turbine section, 20 of gas turbine engine 10 in
FIG. 1 having inlet guide vane 29, first stage turbine blade
32A, second stage vane 35 and second stage turbine blade
32B disposed within engine case 23D. Inlet guide vane 29
comprises an airfoil that is suspended from turbine case 23D
at its outer diameter end. Turbine blade 32 A comprises airfoil
40, which extends radially outward from platform 42. Airfoil
40 and platform 42 are coupled to rotor disk 34A through
interaction of rim slot 43 with root 44. Second stage vane 35
comprises an airfoil that is suspended from turbine case 23D
at its outer diameter end. Turbine blade 32B comprises airfoil
46, which extends radially outward from platform 48. Airfoil
46 and platform 48 are coupled to rotor disk 34B through
interaction of rim slot 49 with root 50.

First stage rotor disk 34 A includes forward mini-disk 52A
and aft seal plate 54A. Second stage rotor disk 34B includes
aft mini-disk 52B and forward seal plate 54B. First stage rotor
disk 34A is joined to second stage rotor disk 34B at coupling
56 to define inter-stage cavity 58. Forward mini-disk 52A
seals against inlet guide vane 29 and root 44, and directs
cooling air (not shown) into rim slot 43. Aft seal plate 54A
prevents escape of the cooling air into cavity 58. Aft mini-disk
52B seals against root 50, and directs cooling air A into rim
slot 49. Forward seal plate 54B prevents escape of cooling air
A into cavity 58. Aft seal plate 54A and forward seal plate
54B also seal against second stage vane 35 to prevent primary
air A, from entering cavity 58.

Airfoil 40 and airfoil 46 extend from their respective inner
diameter platforms toward engine case 23D, across gas path
60. Hot combustion gases of primary air A, are generated
within combustor 18 (FIG. 1) upstream of high pressure tur-
bine 20 and flow through gas path 60. Inlet guide vane 29
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turns the flow of primary air A, to improve incidence on
airfoil 40 of turbine blade 32A. As such, airfoil 40 is better
able to extract energy from primary air A. Likewise, second
stage vane 35 turns the flow of primary air A, from airfoil 40
to improve incidence on airfoil 46. Primary air A, impacts
airfoils 40 and 46 to cause rotation of rotor disk 34 A and rotor
disk 34B about centerline C;. Cooling air A ., which is rela-
tively cooler than primary air A, is routed from high pressure
compressor 16 (FIG. 1) to high pressure turbine 20. Specifi-
cally, cooling air A is provided to rim slot 49 so that the air
can enter internal cooling channels of blade 32B without
having to pass through any non-rotating components when
engine 10 is operating.

Second stage turbine rotor disk 34B of FIG. 1 includes
wheel 62 and hub 64, through which holes 66 extend. Wheel
62 includes a plurality of slots 49 that extend through an outer
diameter rim of wheel 62. Wheel 62 also includes inner diam-
eter bore 68 through which engine centerline CL. extends.
First stage turbine rotor disk 34A includes slots 43 and a
similar inner diameter bore. Hub 64 extends axially from
wheel 62 at inner diameter bore 68 to form an annular body
surrounding centerline CL. Rotor disk 34B is also attached to
aft mini-disk 52B, which includes axially extending portion
70A and radially extending portion 70B. Mini-disk 52B
forms cooling passage 72 along rotor disk 34B. Mini-disk
52B is coupled to hub 64 at joint 74, which comprises a pair
of overlapping flanges from hub 64 and axially extending
portion 70A. Mini-disk 52B adjoins slots 49 at face seal 76,
which comprises a flattened portion that abuts slots 49 and
roots 50 of blade 32B.

Rotor disks 34 A and 34B, when rotated during operation of
engine 10 via high pressure shaft 28, rotate about centerline
CL. Low pressure shaft 24 rotates within high pressure shaft
28. Hub 64 of rotor disk 34B is coupled to high pressure shaft
28, which couples to HPC 16 (FIG. 1) through a rotor hub (not
shown). Rotor disk 34A is coupled to a rotor hub (FIG. 3)
through tie shaft 78 to define cooling passage 80 between tie
shaft 78 and high pressure shaft 28. Cooling air A - from HPC
16 (FIG. 1) is routed into cooling passage 80 where, due to
pressure differentials within engine 10, the air turns to enter
holes 66. Within holes 66, the air is bent by the rotation of hub
64 and distributed into cooling passage, or plenum, 72. From
cooling passage 72, cooling air A - flows toward face seal 76,
which prevents cooling air A~ from escaping rotor disk 34B,
and into slots 49. From slots 49 cooling air A . enters interior
cooling channels of blade 32B to cool airfoil 46 relative to
primary air A,. As such, cooling air A is completely con-
tained within rotating components between high pressure
turbine stage 20 and high pressure compressor stage 16, as is
explained with reference to FIG. 3.

FIG. 3 is a schematic view of high pressure compressor, or
high pressure compressor section, 16 of F1G. 1 showing bleed
system 82 having radially inward-mounted inlet 84 for direct-
ing cooling air A . between high pressure shaft 28 and tie shaft
78. High pressure compressor 16 comprises disks 86A and
86B, from which blades 88A and 88B extend. HPC 16 also
includes vanes 90A and 90B that extend from HPC case 23C
between blades 88A and 88B. Disk 86B is coupled to disk
86A at coupling 92 between rim shrouds 94A and 94B. Disk
86A is coupled to high pressure turbine disk 34A via rotor hub
96 and tie shaft 78. Rotor hub 96 also couples to high pressure
shaft 28. High pressure shaft 28 couples second stage high
pressure turbine disk 34B to a forward stage (not shown) of
HPC 16 in any conventional manner, such as through a rotor
hub.

Cooling air A flows from between blade 88B and vane
90A radially inward through inlet 84. In the embodiment
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shown, inlet 84 comprises a bore through rim shroud 94 A, but
may extend through rim shroud 94B or be positioned between
rim shrouds 94 A and 94B. Cooling air A . is directed radially
inward through anti-vortex tube 98, which distributes cooling
air within the inter-disk space between disks 86A and 86B.
From anti-vortex tube 98, cooling air A impacts high pres-
sure shaft 28 and is turned axially downstream to passage 99
in rotor hub 96. Portions of cooling air A travel upstream to
cool other parts of HPC 16. Passage 99 feeds cooling air A -
into cooling passage 80 between tie shaft 78 and high pressure
shaft 28. As such, cooling air A, is completely bounded by
components configured to rotate during operation of gas tur-
bine engine 10. In the embodiment shown, cooling air A, is
bounded by rim shroud 94 A, rim shroud 94B, disk 86A, disk
868, rotor hub 96, shaft 28 and a rotor hub (not shown)
joining shaft 28 to a disk of HPC 16. For example, a rotor hub
having the opposite orientation as rotor hub 96 could extend
between shaft 28 and disk 86B, although HPC 16 would
typically include many more stages than two. Although the
invention has been described with reference to inlet bore 84,
in other embodiments other bleed air inlets that siphon air
from HPC 16 and direct the air radially inward toward shaft
28 within rotating components may be used, as are known in
the art.

As discussed previously with reference to FIG. 2, cooling
air A - continues through cooling passage 80 underneath rotor
disks 34A and 34B to flow along inner diameter bores, such as
inner diameter bore 68 of rotor disk 34B. From cooling pas-
sage 80, cooling air A - flows through holes 66 into plenum 72
between wheel 62 and aft mini-disk 52B. From plenum 72
cooling air A . travels into slots 49 and into blade 46. Cooling
air A - is thus completely bounded by components configured
to rotate during operation of gas turbine engine 10, before
being discharged into gas path 60. In the embodiment shown,
cooling air A . is bounded by tie shaft 78, shaft 28 rotor disk
34A, rotor disk 34B, hub 64, aft-mini disk 52B, forward seal
plate 54B and blade 32B.

Because cooling air A is bounded by components that
rotate when gas turbine engine 10 operates, dynamic losses,
such as drag, are avoided, thereby increasing efficiency of
HPC 16, reducing the volume of cooling air A required for
cooling of blades 32B and increasing the overall operating
efficiency of engine 10. Furthermore, cooling air A, is iso-
lated from other flows of cooling air within engine 10, par-
ticularly cooling air used to cool HPT front interstage cavity
100. For example, cooling air may be directed from the outer
diameter of HPC 16, such as at between the tips of vane 90B
and blade 88B (FIG. 3). This cooling air is fed externally
through pipes to ports (not shown) in HPT case 23D. This air
is used to cool second stage vanes 35 and some portion of this
cooling air exits at the inner diameter of the vanes to cool
cavity 100. As a result of cooling air A, being supplied to
blades 46 from the backside of disk 62, the need for a full seal
that conjoins seal plates 54A and 54B to isolate cavities 100
and 58, as has previously been done in the prior art, is elimi-
nated. Cooling air for cavity 100 is typically required to be at
higher pressures than cooling air A because primary air A,
must be kept out of inter-stage cavity 100 via pressurization
from the cooling air supplied to vanes 35.

A further benefit of the present invention is achieved by the
flow of cooling air A . across bore 68 and aft face 102 of disk
34B. Slots 49 of disk 34B are subject to significantly high
temperatures from primary air A, while bore 68 is subject to
less high temperatures due to spacing from primary air A.
Thus, a temperature gradient is produced across wheel 62. As
temperatures within engine 10 fluctuate due to different oper-
ating conditions, the temperature gradient induces low cycle
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fatigue in wheel 62. Low cycle fatigue from the high tempera-
ture gradient reduces the life of disk 34B. The temperature of
cooling air A can be used to heat bore 68 and aft face 102 of
disk 34B to reduce the temperature gradient across wheel 62,
while still remaining relatively cooler than primary air A, to
cool blade 32B. A reduction in the temperature gradient
across wheel 62 produces a corresponding increase in the life
of disk 34B.

Furthermore, bore 68 comprises a large mass of circular
material that, when subject to heating, experiences thermal
growth that increases the diameter of the circular material. An
increase in the diameter of bore 68, and wheel 62, pushes
turbine blades 32B radially outward, closer to HPT case 23D.
Cooling air A can be used to condition the temperature of
bore 68 to control the thermal growth rate and change in
diameter of the circular material, thereby influencing tip
clearance between airfoil 46 of blade 32B and shroud 104
attached to HPT case 23D.

While the invention has been described with reference to
an exemplary embodiment(s), it will be understood by those
skilled in the art that various changes may be made and
equivalents may be substituted for elements thereof without
departing from the scope of the invention. In addition, many
modifications may be made to adapt a particular situation or
material to the teachings of the invention without departing
from the essential scope thereof. Therefore, it is intended that
the invention not be limited to the particular embodiment(s)
disclosed, but that the invention will include all embodiments
falling within the scope of the appended claims.

Discussion of Possible Embodiments

The following are non-exclusive descriptions of possible
embodiments of the present invention.

A turbine stage for a gas turbine engine is configured to
rotate in a circumferential direction about an axis extending
through a center of the gas turbine engine. The turbine stage
comprises: a disk comprising: an outer diameter edge having
slots, an inner diameter bore surrounding the axis, a forward
face, and an aft face; a plurality of blades coupled to the slots;
and a mini-disk coupled to the aft face of the disk to define a
cooling plenum therebetween to direct cooling air to the slots.

The turbine stage of the preceding paragraph can option-
ally include, additionally and/or alternatively, any one or
more of the following features, configurations and/or addi-
tional components:

ahub extending from the inner diameter bore of the disk to
form an annular body, and a plurality of holes extending
through the hub to permit cooling air from within the hub to
enter the cooling plenum;

anaxially extending portion disposed opposite the hub, and
a radially extending portion disposed opposite the aft face of
the disk;

a cover plate coupled to the forward face of the disk across
the slots;

an axial retention flange disposed at a radial distal tip of the
radially extending portion to engage the slots, and a coupling
disposed at an axially distal tip of the axially extending por-
tion to engage the hub;

a shaft extending from the hub through the inner diameter
bore to define a cooling passage fluidly coupled to the holes
and the plenum;

a first stage turbine rotor coupled to the forward face of the
disk to define an inter-stage cavity between the first stage
turbine rotor and the disk, and a first stage mini-disk coupled
to a forward-facing side of the first stage turbine rotor;

a compressor stage, a shaft coupling the compressor stage
to the hub of the turbine stage, the shaft passing through the
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inner diameter bore, and a bleed air inlet for directing cooling
air from the compressor to a space radially outward of the
shaft;

a first compressor rotor having a plurality of compressor
blades extending from a first rim, and a second compressor
rotor having a plurality of compressor blades extending from
a second rim, the second compressor rotor coupled to the first
compressor rotor, wherein the bleed air inlet extends radially
inward between the first and second rims;

a compressor rotor hub connecting the second compressor
rotor to the shaft, and a tie shaft coupling the compressor rotor
hub to the first stage turbine rotor.

A gas turbine engine comprises a compressor section
including a bleed inlet for siphoning cooling air from the
compressor section; a turbine section comprising: a rotor
comprising: an inner diameter bore, an outer diameter rim, a
forward face, and an aft face; a shaft coupled to the compres-
sor section and the turbine section; a plurality of blades
coupled to the rotor; a mini-disk coupled to the aft face of the
rotor to define a plenum; and a cooling circuit fluidly coupling
the bleed inlet of the compressor section to the plenum, the
cooling circuit extending along the shaft and the aft face of the
rotor.

The gas turbine engine of the preceding paragraph can
optionally include, additionally and/or alternatively, any one
or more of the following features, configurations and/or addi-
tional components:

the rotor further comprises a hub extending from the aft
face, and the shaft extends through the inner diameter bore to
join to the hub;

aplurality of holes in the hub to fluidly connect the cooling
circuit with the plenum;

the compressor section further comprises a rotor hub, and
the shaft comprises a tie shaft extending between the rotor
hub and the turbine section;

a first compressor rotor having a plurality of compressor
blades extending from a first rim, and a second compressor
rotor having a plurality of compressor blades extending from
a second rim, the second compressor rotor coupled to the first
compressor rotor, wherein the bleed air inlet that extends
radially inward between the first and second rims; and

the cooling circuit is completely defined by components
configured to rotate during operation of the gas turbine
engine.

A method of providing compressor bleed air to a turbine
stage of a gas turbine engine comprises: flowing the bleed air
axially along a shaft connecting a compressor stage to a
turbine stage; passing the bleed air through bore of a rotor
disk of the turbine stage; directing the bleed air radially along
an aft surface of the rotor disk; and feeding the bleed air into
a blade slot in a rim of the rotor disk.

The method of the preceding paragraph can optionally
include, additionally and/or alternatively, any one or more of
the following features, configurations and/or additional steps:

the step of heating the bore of the rotor disk with the
compressor bleed air to reduce a temperature gradient
between the rim and the bore;

the step of controlling thermal growth of the rotor disk with
the compressor bleed air to influence blade tip clearance;

the step of originating the bleed air from a rim of the
compressor stage, and

the step of routing the bleed air radially inward to the shaft;

the bleed air is bounded from the compressor stage to the
turbine stage by components of the gas turbine engine con-
figured to rotate; and

the bleed air bypasses an inter-stage cavity defined by
adjacent rotor disk in the turbine stage.
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The invention claimed is:

1. A turbine stage for a gas turbine engine configured to
rotate in a circumferential direction about an axis extending
through a center of the gas turbine engine, the turbine stage
comprising:

a turbine disk comprising:

an outer diameter edge having slots;

an inner diameter bore surrounding the axis;

a forward face;

an aft face;

a hub extending from the inner diameter bore of the
turbine disk to form an annular body; and

a plurality of holes extending through the hub;
a plurality of blades coupled to the slots;
a mini-disk comprising:
an axially extending portion disposed opposite the hub;
a radially extending portion disposed opposite the aft
face of the turbine disk;

an axial retention flange disposed at a radial distal tip of
the radially extending portion to engage the slots; and

a coupling disposed at an axially distal tip of the axially
extending portion to engage the hub, wherein the
mini-disk couples to the aft face of the turbine disk to
define a cooling plenum therebetween to direct cool-
ing air to the slots, and wherein the holes permit
cooling air from within the hub to enter the cooling
plenum; and

a shaft extending from the hub through the inner diameter
bore coupling the turbine disk to a compressor disk,
wherein the inner diameter bore and the shaft define a
cooling passage fluidly coupled to the holes and the
plenum.

2. The turbine stage of claim 1 and further comprising:

acover plate coupled to the forward face of the turbine disk
across the slots.

3. The turbine stage of claim 1 and further comprising:

a first stage turbine rotor coupled to the forward face of the
turbine disk to define an inter-stage cavity between the
first stage turbine rotor and the turbine disk; and

a first stage mini-disk coupled to a forward-facing side of
the first stage turbine rotor.

4. A gas turbine engine incorporating the turbine stage of

claim 3, the gas turbine engine further comprising:

a compressor stage; and

ableed air inlet for directing cooling air from the compres-
sor to the cooling passage, wherein the cooling passage
is radially outward of the shaft, wherein the shaft
couples the compressor stage to the hub of the turbine
stage.

5. The gas turbine engine of claim 4 wherein the compres-

sor stage comprises:

a first compressor rotor having a plurality of compressor
blades extending from a first rim; and

a second compressor rotor having a plurality of compressor
blades extending from a second rim, the second com-
pressor rotor coupled to the first compressor rotor;

wherein the bleed air inlet extends radially inward between
the first and second rims.

6. The gas turbine engine of claim 5 and further compris-

ing:

a compressor rotor hub connecting the second compressor
rotor to the shaft; and

a tie shaft coupling the compressor rotor hub to the first
stage turbine rotor.

7. A gas turbine engine comprising:

a compressor section including a bleed inlet for siphoning
cooling air from the compressor section;
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a turbine section comprising:
a rotor comprising:
an inner diameter bore;
an outer diameter rim;
a forward face;
an aft face;
a hub extending from the aft face; and
a first flange extending radially from the hub;
a shaft coupled to the compressor section and the turbine
section, wherein the shaft extends through the inner
diameter bore to join to the hub;
a plurality of blades coupled to the rotor;
a mini-disk comprising:
an axially extending portion disposed opposite the hub;
and

a second flange disposed at an axially distal tip of the
axially extending portion to engage the first flange,
wherein the mini-disk couples to the aft face of the
rotor to define a plenum; and

a cooling circuit fluidly coupling the bleed inlet of the
compressor section to the plenum, the cooling circuit
extending along the shaft and the aft face of the rotor,
wherein a portion of the cooling circuit is defined by the
inner diameter bore and the shaft.

8. The gas turbine engine of claim 7 and further compris-

ing:

aplurality of holes in the hub to fluidly connect the cooling
circuit with the plenum.

9. The gas turbine engine of claim 7 wherein:

the compressor section further comprises a rotor hub; and

the shaft comprises a tie shaft extending between the rotor
hub and the turbine section.

10. The gas turbine engine of claim 7 wherein the com-

pressor section further comprises:

a first compressor rotor having a plurality of compressor
blades extending from a first rim; and

10

a second compressor rotor having a plurality of compressor
blades extending from a second rim, the second com-
pressor rotor coupled to the first compressor rotor;

wherein the bleed air inlet extends radially inward between

5 the first and second rims.

11. The gas turbine engine of claim 7 wherein cooling
circuit is completely defined by components configured to
rotate during operation of the gas turbine engine.

12. A method of providing compressor bleed air to a tur-
bine stage of a gas turbine engine, the method comprising:

flowing the bleed air axially along a shaft connecting a

compressor stage to a turbine stage, wherein an inner

diameter bore of a rotor disk and the shaft define a

cavity;

passing the bleed air through the cavity;

directing the bleed air radially along an aft surface of the

rotor disk; and

feeding the bleed air into a blade slot in a rim of the rotor

disk.

13. The method of claim 12 and further comprising:

heating the bore of the rotor disk with the compressor bleed

air to reduce a temperature gradient between the rim and
the bore.

14. The method of claim 12 and further comprising:

controlling thermal growth of the rotor disk with the com-

pressor bleed air to influence blade tip clearance.

15. The method of claim 12 and further comprising:

originating the bleed air from a rim of the compressor

stage; and

routing the bleed air radially inward to the shaft.

16. The method of claim 15 wherein the bleed air is
bounded from the compressor stage to the turbine stage by
components of the gas turbine engine configured to rotate.

17. The method of claim 12 wherein the bleed air bypasses
an inter-stage cavity defined by adjacent rotor disk in the
turbine stage.
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